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ABSTRACT 
ti 

The use of a compressor capable of accepting supersonic inflow velocity 

has been advocated i n  the pas t  as a means of eliminating the r e l a t ive ly  long 

subsonic d i f fuser  portion of a supersonic in l e t  and as a means of ensuring 

inlet-compressor a i r f low match at supersonic speeds without the  need f o r  

variable i n l e t  geometry. 

i n l e t  and a compressor of this type has not appeared i n  the l i t e r a tu re ,  nor 

has the  flow pa t te rn  i n  the  forward portion of t h e  compressor element been 

examined. 

cascade approach t o  determine the effects of Mach number, cone angle, rota-  

t i o n a l  speed and blade angle upon conditions l imi t ing  t rue  supersonic entry, 

r e l a t i v e  Mach number, and shock loss.  

oblique shock and boundary layer  on the  following blade i s  examined using the 

Chapman laminar leading-edge separation c r i t e r i a  and permissible shock flow 

pa t te rns  are diagrmed. 

developed and the effect  of guide vanes upon compressor inflow condition i s  

presented. 

A deta i led  analysis  of the compatibility of the 

This paper presents a study using a simplified Lwo-Si~ezsionsl 

The interact ion between suction surface 

A theory f o r  variable-pitch supersonic guide vanes is  

The supersonic compressor has been proposed i n  the past  f o r  use as an 

element of a gas turbine engine operating a t  supersonic f l i g h t  speeds because 

of i ts  abil i ty t o  accept supersonic a x i d  inflow veloci ty  ( re fs .  1 t o  3). 

elimination of both the subsonic portion of an axisymmetric supersonic i n l e t  

diffuser, and the  requirement f o r  variable inlet  geometry together with the  

The 
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high-stage-pressure-ratio potential of the supersonic compressor can result in 

a very significant reduction of propulsion system weight. 

weight reduction of the powerplant w i l l  result in a lower take-off gross- 

weight aircraft designed for a given long-range supersonic cruise segment will 

depend upon the cruise specific impulse which in turn depends upon the overall 

compression process efficiency of the supersonic inflow engine as compared to 

that of the conventional subsonic design. 

of the supersonic inflow engine although utilizing a relatively inefficient 

compressor may show a significant advantage in take-off gross weight when 

used for accelerating a hypersonic cruise aircraft to its ramjet engine take- 

over Mach number since the propulsion efficiency is relatively low in any 

case in which maximum afterburning thrust is employed. 

Whether or not the 

On the other hand, the lower weight 

The present paper, which is basically an amplification of the analysis 

presented in reference 3, examines the flow conditions in the leading-edge 

portion of a supersonic compressor for flight Mach numbers up to 3 by means 

of a two-dimensional cascade approach as the design parameters of blade speed, 

inlet diffusion, and blade suction surface angle are varied. 

in reference 3, not only is the leading-edge shock l o s s  chargeable to com- 

pressor efficiency but the inclination of the oblique shock will determine 

whether or not the inlet can operate supersonically. 

analysis of reference 4 which indicates the superiority of the supersonic 

axial inflow compressor with respect to a conventional multistage compressor 

for Mach number 3 operation must be tempered by the fact that the flow induc- 

tion l o s s  of the compressor was not examined. 

A s  pointed out 

Thus the engine cycle 

The results of the analysis are equally applicable to any type of super- 

sonic compressor whether of the single-stage impulse, the fan stage of a 

turbofan, or the first stage of a multistage compressor. 

design pressure ratio of the compressor are not specified, and because of a 

lack Of experimental performance data available on supersonic inflow operation 

Because the type and 
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of supersonic compressors (with the exception of data i n  r e f .  3 ) ,  no attempt 

i s  made t o  predict  the overa l l  compression efficiency. However, where appro- 

pr ia te ,  the e f f ec t  of the calculated compressor flow conditions upon the pro- 

pulsion system performance w i l l  be noted. 

SYMBOLS 

A 

a 

B 

C 

C 

CF 

CD 

CL 

CN 

D 

G 

L 

M 

P 

S 

T 

t 

U 

V 

Y 

area 

speed of sound 

defined parameter, Appendix B 

defined parameter, Appendix B 

guide vane chord 

average skin-f ri ction coeff ic ient  

drag coeff ic ient  

j-ift, cwf f i c i en t  

normal-f orce coeff ic ient  

drag force 

guide vane p i tch  distance 

l i f t  force 

Mach number 

pressure 

entropy 

absolute temperature 

guide vane thickness 

ro t a t iona l  velocity 

a i r f low veloci ty  

dis tance i n  circumferential direct ion 

guide vane angle of a t tack 

a i r f l o w  angle r e l a t ive  t o  ax ia l  direction 

r a t i o  of spec i f ic  heats 
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8 leading-edge wedge angle 

cone semivertex angle ? 
P density 

U so l id i ty  

maximum so l id i ty  without mutual interference between guide uM 
vane blades 

B 
JI 

Subscripts : 

shock wave angle r e l a t i v e  t o  axial direct ion 

surface angle r e l a t i v e  t o  a x i a l  direct ion 

Stations - 
0 - f r e e  stre'am 

1 - upstream of s t r u t  o r  guide vanes 

2 - upstream of ro tor  

3 - behind compressor leading-edge oblique shock, f igure  8 

4 - behind system of oblique shocks, f igure  8 

a axial 

D design condition 

E 

i d  idea l  ( l o s s  f r ee )  

P locat ion i n  flow f i e ld ,  figure 8 

R r e l a t ive  conditions 

S suction surface 

locat ion i n  flow f i e ld ,  figure 8 

T stagnation condition 

U tangent ia l  

GENERAL ASSUMPTIONS 

TO examine the  flow induction process of the  supersonic inlet-compressor 

combination, several  simplifying assumptions a r e  employed. The inflow process 

t o  the  compressor i s  considered i n  a two-dimensional cascade-type approach 
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u t i l i z i n g  the  arrangement depicted i n  f igures  1 and 2. The siipersonic flow 

on the conical spike i s  turned pasa l l e l  t o  the axis i n  a constant area duct 

from the cowl l i p  s t a t ion  C t o  the compressor inlet  s t a t ion  2 i n  a 

loss-free manner i n  the absence of vanes. 

axial Mach number enter ing the  compressor is  equal t o  the  cone surface Mach 

number. This, of course, v io la tes  the w e i g h t  flow continuity equation as 

there i s  a Mach number var ia t ion i n  the conical flow f i e ld ;  however, the 

deviation and i t s  e f f e c t  upon inflow conditions under most conditions i s  

small. 

a x i a l  i n l e t  Mach number as i n l e t  diffusion (as represented by the  cone angle) 

and f l i g h t  Mach numbers are varied; a cone-isentropic-ramp external  compres- 

sion i n l e t  would y i e ld  essent ia l ly  similar re su l t s  if the annular area were 

equal t o  that of the conical i n l e t .  

Further, it i s  assumed that the 

This then permits a consistent approach t o  the determination of the  

The annular w a l l s  are assumed t o  be &istofie% ir? the region of the sup- 

port  s t r u t s  o r  guide vanes such t h a t  the ef fec t  of blockage associated with 

strut or  vane thickness i s  eliminated. 

inlet area contraction which increases the Mach number at which the i n l e t  w i l l  

s tart .  The i n l e t  i s  assumed t o  be pa r t  o f  an i so la ted  nacelle operating i n  

the  stratosphere and out of the interference f ie ld  associated with the  flow 

about an a i r c r a f t .  

This i s  done t o  prevent any in t e rna l  

I n  addition, the air i s  t rea ted  as a perfect  inviscid gas. 

The "entrance region" on the suction surface of the  compressor i s  assumed 

(The "entrance region" as defined i n  reference 1 i s  tha t  por- t o  be s t r a igh t .  

t l n n  nf the blade which can generate upstream t rave l ing  waves at supersonic 

r e l a t i v e  flow conditions and so a f fec t  t he  inflow velocity.)  

leading edge i s  sharp and i t s  wedge angle 8 

attachment a t  the  design sea-level operating condition. 

inlet angle 

fore  be equal t o  the slope of the "entrance region" (ref. 1). 

entrance region angle can be characterizedby a design sea-level s t a t i c  ax ia l  

inlet Mach number %,D. 

The blade 

i s  s m a l l  enough t o  permit shock 

The re l a t ive  air 

f o r  subsonic o r  sonic ax ia l  inflow conditions must there- 

Thus the  
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In several  instances, the e f fec ts  of varying these basic  assumptions are 

examined i n  l i g h t  of experience and prac t ica l  considerations and are  specif i -  

cal ly  noted where they occur. 

INlXl?-COMPRESSOR FLOW ANALYSIS 

Limiting Conditions 

The necessary requirement for  the  existence of supersonic axial inflow 

velocity t o  the compressor during supersonic f l i g h t  i s  that the oblique shock 

wave generated i n  the r e l a t ive  flow f i e l d  by the suction surface of the  blade 

i "entrance region" l i es  i n  or  behind the plane of the  leading edges (ref. 3 ) .  

If the calculated shock wave angle, measured from the  a x i a l  direct ion,  i s  

greater than goo, the  shock cannot ex i s t  a t  the leading edge of an i n f i n i t e  

cascade. 

pressor forces  a bow shock t o  be positioned ahead of the  cowl l i p  creat ing 

additional spi l lage drag due t o  subc r i t i ca l  i n l e t  operation. To avoid the 

additional drag penalty associated with the  subc r i t i ca l  spi l lage,  it i s  desir-  

able t o  maintain supersonic a x i a l  i n l e t  veloci ty  i n t o  the compressor. 

A s  a consequence, the  subsonic axial inflow requirement of the  com- 

Since the oblique shock wave angle i s  a function only of the  r e l a t ive  

i n l e t  Mach number M~,R, the  r e l a t i v e  a i r  i n l e t  angle 

angle J ls ,  it i s  a simple matter t o  calculate  the  relat ionship Q&' these param- 

e t e r s  such tha t  the l imit ing conditions f o r  supersonic inflow can be deter-  

mined. Appendix A presents the computational procedure and f igure  3, the 

r e su l t s  of such calculations.  

locus of conditions f o r  which the oblique shock spans the  cascade leading 

edge and supersonic turning i s  a maximum. To the l e f t  of t h i s  curve the 

shock l i e s  i n  the passage, and flow deflect ion everywhere i s  s t i l l  a max imum.  

For a given surface angle and Mach number, any reduction i n  r e l a t i v e  i n l e t  a i r  

angle below the l imit ing value w i l l  cause shock detachment and posi t ion a bow 

shock ahead of the cowl l i p  as the waves from adjacent blades cannot cross. 

P2,R) and the  surface 

The nearly ve r t i ca l  transverse curve i s  the 
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To the right of the transverse curve the oblique shock i s  coincident with t h e  

cascade leading edge. 

angle the r e l a t i v e  Mach number i s  greater than t h a t  f o r  the  l imit ing curve, 

the shock w i l l  f a l l  inside the  passage and supersonic axial inflow i s  assured. 

The same i s  t rue,  if f o r  a given surface angle and r e l a t i v e  i n l e t  Mach number, 

t he  r e l a t i v e  inlet air angle i s  greater than tha t  fo r  the  l imi t ing  curve. The 

lower incl ined s t r a igh t  l i n e  i s  the  l imit ing condition f o r  sonic a x i a l  inflow 

veloci ty  f o r  which the  leading-edge shock degenerates t o  a Mach wave. 

If f o r  a given surface angle and r e l a t i v e  air i n l e t  

Typical Operating Character is t ics  

For a given fixed-geometry inlet-compressor combination, it i s  of i n t e r -  

est  t o  determine the  flow pa t te rn  i n  the leading-edge region of the  compressor 

and whether o r  not the  l imi t ing  conditions are exceeded as the f l i g h t  Mach 

number i s  varied. Since the  r e l a t i v e  i n l e t  a i r  angle and Mach nuniber are 

functions of ro t a t iona l  speed U and the cone angle ?) (characterizing t h e  

degree of inlet  diffusion),  and the blade suction surface angle is  character- 

i zed  by 

var ia t ions i n  these parameters as i s  done i n  figures 4 t o  6. 

are made about a basic  configuration for  which 

q = 20°, and &,D = 1.0. (Reference 3 suggested that f o r  %,D = 1.0 there 

would be no subc r i t i ca l  spil lage; however, this is  t rue  only f o r  the condition 

of constant free-stream stagnation temperature. ) 

%,D, it i s  possible t o  examine the inflow conditions i n  terms of 

Perturbations 

U = 1600 feet per second, 

Ef'fect of ro t a t iona l  veloci ty  variation. - Figure 4 presents the e f f ec t s  

A s  noted of var ia t ion  i n  Cesigi i  r~t&,;ticnpl veloci ty  upon inflow conditions. 

previously, the  speed i s  held constant at  i t s  design value throughout t he  

Mach number range so that the effects  of rpm changes during f l i g h t  should not 

be inferred from the  r e s u l t s  presented i n  f igure 4. 

i.e., shock wave angle of 90°, occurs f o r  a l l  ro t a t iona l  speeds at  a Mach 

number of 1.35 which i n  this case (9 = 200) produces sonic veloci ty  on the 

cone. 

The l imi t ing  condition, 

The f a c t  that all ro ta t iona l  speeds obtain the  l imi t ing  condition a t  
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the same f l i g h t  Mach number indicates  t ha t  a compressor w i l l  permit supersonic 

inflow t o  start  a t  a l l  r a d i i  a t  once. For Mach numbers from 1.35 t o  3.0, the  

$ 
.: shock wave w i l l  f a l l  within the blade passage with greater  incl inat ion f o r  the 

higher ro ta t iona l  speeds. 

The stagnation pressure recovery parameter references the stagnation 

pressure r e l a t ive  t o  the ro tor  behind the leading-edge shock (including the  

conical shock loss) t o  t h a t  of the idea l  loss-free value. A s  can be seen, 

the  r e l a t ive  stagnation pressure recovery decreases with increasing design 

ro ta t iona l  velocity.  

number and greater inc l ina t ion  of the shock wave angle 

Mach number component normal t o  the oblique shock. The r e l a t ive  i n l e t  Mach 

number M~,R 

supercr i t ica l  flow ex i s t s  a t  the cowl l i p  as would be expected. The Mach 

number behind the oblique shock 

the  oblique shock becomes stronger, as evidenced by the  difference between 

M ~ , R  and hf3,~.  It should be noted t h a t  M ~ , R  i s  e s sen t i a l ly  equal t o  the 

average passage i n l e t  Mach number because of the high shock wave angle. A t  a 

f l i g h t  Mach number of 1.35, the l imi t ing  condition i s  reached and a small 

discontinuity i n  r e l a t i v e  i n l e t  Mach number occurs as the shock moves from 

the  cowl l i p  t o  the  compressor. Between the Mach numbers of 1.29 and 1.35, 

the  axial i n l e t  Mach number i s  subsonic as a r e s u l t  of exceeding the l imi t ing  

conditions. In  this range of Mach number a sp i l lage  of l e s s  than 0.1 percent 

of the annular cowl choked flow i s  required.  A t  Mach numbers l e s s  than 1.29, 

the  rotor w i l l  demand fu l l  choking a t  the cowl l i p  with subsequent supersonic 

expansion about the leading edge yielding a passage i n l e t  Mach number 

greater than the r e l a t ive  i n l e t  Mach number as shown. 

This i s  a consequence of the higher r e l a t ive  i n l e t  Mach 

@ and thus a higher 

increases with f l i g h t  Mach number and ro t a t iona l  veloci ty  when 

M ~ , R  decreases with f l i g h t  Mach number as 

M ~ , R  

From the above it would appear desirable  t o  operate a t  the lower rota-  

t i o n a l  Velocity because of the lower Mach number and r e su l t an t  lower losses .  

However, t h i s  will r e s t r i c t  the  compressor stage pressure r a t i o  t o  some degree 
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o r  e l se  require greater flow turning i n  the  r o t o r  and consequently a higher 

downstream s t a to r  entering Mach number t o  achieve the same pressure r a t i o  as 

that f o r  a higher ro t a t iona l  speed design. 

Effect of blade suction surface angle.- The suction surface angles w e r e  

chosen such t h a t  a t  sea-level standard conditions the design a x i a l  i n l e t  Mach 

number i n  a constant area passage was 0.8 and 1.0. 

angle calculated f o r  sonic inflow was arbitrarily reduced by 2O f o r  the t h i r d  

var ia t ion chosen f o r  study. For t h i s  latter case the  inflow veloci ty  remains 

sonic but  t h e  flow must expand about the leading edge t o  a higher relative 

surface Mach number. 

I n  addition, the blade 

The required surface inc l ina t ion  f o r  a design a x i a l  in le t  Mach number of 

0.8 w i l l  prevent supersonic inflow u n t i l  a flight Mach number of 2.0 i s  

reached (where 

d i t i on  a t  a Y l c l i  n-mber c?f 2.9. A s  a consequence of the  subc r i t i ca l  operation 

a t  either end of the supersonic f l i g h t  spectrum and the nearly normal incl ina-  

t i o n  of the oblique shock wave i n  between, the r e l a t ive  pressure recovery 

parameter i s  essent ia l ly  equal t o  the idea l  ( inviscid)  pressure recovery 

parameter of a 200 conical d - e x t e r n a l  compression i n l e t .  

var ia t ion  of the  i n l e t  r e l a t ive  Mach number a t  the  two l imi t ing  conditions 

f o r  the 0.8 design i s  due t o  shock locat ion and does not r e su l t  i n  any dis- 

continuity i n  compressor operation as indicated by the  smooth var ia t ion of 

blade surface Mach number. 

fi = go0, f ig .  3 )  and then again encounters the l imi t ing  con- 

The discontinuous 

Decreasing the  blade surface angle 2O as compared t o  the %,D = 1.0 

case r e s u l t s  i n  the disappearance of the oblique shock wave a% a fl&$’lt Mach 

number of 1.4 as the  inlet r e l a t ive  flow direct ion i s  parallel t o  the blade 

suction surface. 

number rises rapidly as supersonic expansions occur about the  leading edge 

and the  Mach number i n  t h e  blade passage i s  considerably greater than the 

sea-level design value. 

Below a f l i g h t  Mach number of 1.4 the  suction surface Mach 

Although the  relative stagnation pressure recovery 
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i s  higher than t h a t  f o r  the case, the higher surface Mach numbers 

associated with the lower surface angle would indicate  higher diffusion losses  

for a shock-in-rotor type compressor. The same re su l t  i s  not necessarily t rue  

for  the so-called impulse type. The net conclusion appears then t h a t  the com- 

pressor should be designed t o  induce sonic inflow velocity a t  sea-level 

standard conditions t o  avoid the penal t ies  i n  th rus t  performance caused by 

the addi t ional  sp i l lage  drag associated with subc r i t i ca l  operation and the 

low pressure recovery of supersonic compressors designed. f o r  subsonic inflow 

velocity . 

M,,D = 1.0 

Effect of conical angle.- The e f f ec t  of inlet  external  diffusion, as 

represented by cone angle, i s  shown i n  figure 6. 

increases the flight Mach number a t  which the l imi t ing  condition i s  reached. 

The l imit ing condition f o r  each cone, however, occurs a t  a f l i g h t  Mach number 

only s l i gh t ly  greater  than that for which the  flow on the cone i s  sonic. 

Consequently, the added i n l e t  sp i l lage  drag as a r e s u l t  of subsonic entry 

flow t o  the compressor would be small. The r e l a t i v e  stagnation pressure 

r a t i o  shows l i t t l e  var ia t ion with cone angle; the 20° conical i n l e t  has 

s l i gh t ly  higher recovery. The lower conical shock lo s s  produced by the  

smaller angle cone i s  more than compensated f o r  by the  higher oblique shock 

loss resu l t ing  from the higher inflow Mach number and f low def lect ion angle. 

The choice of conical angle t o  use i n  conjunction with the supersonic inflow 

compressor will depend upon fac tors  other than the des i re  t o  maximize the 

re la t ive  stagnation pressure recovery. 

Increasing the  cone angle 

Flow capacitx.- In  the previous sections,  it was noted tha t  a compressor 

designed for sonic inflow veloci ty  a t  sea-level standard conditions w i l l  

accept the  maximum flow the i n l e t  can de l iver  over a wide Mach number range 

with the exception of minute spi l lage at low supersonic f l i g h t  Mach numbers. 

It i s  of i n t e re s t  t o  compare the a i r f low requirements of a conventional 

turbojet  with the a i r  inflow t o  a supersonic compressor. The parameter used 
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f o r  comparison consis ts  of the  r a t i o  of the free-stream tube area containing 

the inlet  f l a w  t o  the  cowl-lip projected area. On the l e f t  of figure 7, the  

a rea  r a t i o  var ia t ion of a typ ica l  turbojet  i s  compared with that of three 

f ixed geometry conical i n l e t s  operating supercr i t ica l ly  all of which a r e  

designed f o r  shock-on-lip a t  a Mach nuniber of 3. 

sp i l lage  f rom the  point a t  which sonic velocity i s  a t ta ined  on the  cone t o  a 

flight Mach number of 3 was obtained from reference 5. The turboje t  schedule 

shown i s  for  an engine with a design compressor r a t i o  of 9 and i s  presumed t o  

be operating with a variable geometry i n l e t  which has a pressure recovery 

schedule given by mi l i ta ry  specif icat ion 3008B. The free-stream tube area of 

the  conical i n l e t s  i s  appreciably greater than that demanded by the  turbojet ,  

as a consequence f o r  equal conical angles, the associated supercr i t ica l  

sp i l lage  drag of the  f ixed geometry i n l e t  i s  lower. 

The f ixed geometry inlet  

On the  r igh t  of' figure 7, the ce@re area r a t i o  f o r  a 20° cone i n  con- 

junction with two compressors designed f o r  sonic and subsonic a x i a l  i n l e t  

Mach numbers i s  compared t o  tha t  of t he  turbojet .  

inflow design does not permit in le t  s t a r t i ng  u n t i l  a Mach number of 2.0 i s  

reached, it can s t i l l  induce a higher flow rate than a conventional engine. 

A t  a f l i g h t  Mach number of 1, there  i s  l i t t l e  difference i n  the  flow r a t e  f o r  

t h e  three  cases shown, but  i n  the  region of minimum thrust minus drag, which 

g e n e r n l y  occurs near Mach number 1.3,  13 percent more flow can be channeled 

i n t o  the sonic inflow design compressor as compared with a conventional 

design. 

A s  a consequence, t he  t h r u s t  po ten t ia l  of an engine employing the  s ~ ~ i - ~ ~ ~ ~ ~  

inflow compressor at the  c r i t i c a l  accelerating point i n  the  f l i g h t  t ra jec tory  

can be increased a l i k e  amount. "he use of variable geometry components i n  

the engine may be required t o  achieve t h i s  increased th rus t  po ten t ia l  i n  order 

t o  match the  permissible engine airflow t o  that which the inlet-supersonic 

compressor combination can provide over the  en t i r e  Mach number range. 

Although the  subsonic axial 

An increase of 9 percent i s  possible with the l 5 O  conical inlet .  
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W I N G - E W E  FLOW SEPARATION 

Shock boundary-layer interact ions can and do a l t e r  the  flow pat terns  ca l -  

culated by means of the  inviscid supersonic flow theory, pa r t i cu la r ly  i n  regions 

where l a rge  posi t ive pressure gradients ex i s t .  I n  the previous analysis it w a s  

noted t h a t  the incl inat ion of t he  leading-edge oblique shock i s  large and thus 

impinges near t he  pressure surface leading edge of t he  following blade where 

t h e  boundary layer  i s  most probably Laminar. 

cases cannot sustain the  pressure r ise  associated with shock ref lect ion,  t he  

flow must separate from t h e  surface and possibly a f f ec t  the upstream inflow 

pat tern t o  the  extent t h a t  the  in le t  w i l l  be forced t o  s p i l l .  

Since the  boundary layer  i n  most 

To investigate t h i s  problem a specif ic  example i s  examined i n  f igu re  8 with 

inflow conditions as shown. 

f o r  the case labeled inviscid,  shown on the  r igh t ,  i s  followed some distance 

downstream by the  shock re f lec t ion .  If  t he  Reynolds number, based upon l o c a l  

flow conditions behind the  expansion f an  and the  distance from t he  leading edge 

A Prandtl-Meyer expansion about t he  leading edge 

t o  the point of shock impingement, i s  greater  than 4.32 X 10 (4+ 0*%5M), where 

M i s  the  loca l  Mach number, then the  influence of any flow separation, if any 

occurs, w i l l  not be f e l t  at  the  leading edge whether t he  flow i s  inviscid or 

not. 

value, then i n  a l l  probabili ty t h e  flow will separate at the  leading edge. The 

laminar leading-edge separation theory of reference 6 can be used with the  f o l -  

lowing provision t o  calculate  the  r e su l t i ng  flow diagram as depicted on the  l e f t  

side of figure 8. Namely, where the  leading-edge oblique shock from t h e  suction 

surface in t e r sec t s  the  laminar separated boundary layer  it i s  r e f l ec t ed  as a 

Prandtl-Meyer expansion fan t o  keep the  pressure constant i n  the  separated 

region and i n  so  doing turns the  separated flow toward the  surface. The permis- 

sible pressure i n  the  separated region can be found and consequently the  e n t i r e  

flow f i e l d  diagramed by the  necessary requirement (ref. 6) t h a t  t h e  Mach number 

after reattachment Mp 

(See f i g .  24 of ref.  6 . )  If the  Reynolds number i s  less than the  l imi t ing  

i s  81 percent of t h e  value of t h e  Mach number behind the  
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expansion ME provided the  flow remains laminar  t o  reattachment. If 

boundary-layer t r ans i t i on  occurs pr ior  t o  reattachment, the  pressure i n  the 

separated zone can be greater; however, the flow-field calculat ion i s  not 

amenable t o  analyt ic  analysis.  

I n  the typ ica l  example of f igure  8, where downstream influences of wall 

curvature have been neglected, it can be seen t h a t  the Mach number and stag- 

nation pressure recovery behind the re f lec ted  shock system are almost ident i -  

c a l  whether o r  not flow separation ex is t s .  

experimental ve r i f i ca t ion  presented i n  reference 6 of the leading-edge sepa- 

ra t ion  w e r e  based upon a concave corner model, there  i s  l i t t l e  reason t o  

doubt that  i t s  application t o  the  case of an incident shock i s  not valid.  

Although t h e  theory and i t s  

For example, operation of supersonic inlets above the  shock-on-lip design 

Mach number f o r  which the  in t e rna l  cowl l i p  separation phenomena must be 

s imilar  t o  that depicted above have been show-fi t o  exhih,it ne dAsccmtinuities 

i n  performance. 

generated on both s ides  of the leading edge, when separation occurs, cannot 

cross supersonically. This problem i s  discussed i n  a later section. 

A t  f l ight Mach numbers of 2.4 and above, the  shock waves 

The flow separation caused by the  oblique shock on the w a l l  and hub 

casings, although not ana ly t ica l ly  soluable, apparently should have l i t t l e  

effect  on compressor performance. The results of the supersonic i n f l o w  com- 

pressor t es t  reported i n  reference 3 indicated predictable performance with- 

out measurable casing separation losses  although evidence of such separation 

a t  an axial Mach number of 1.5 was noted by w a l l  pressure measurements. 

VARIABIX-PIEH WIDE VANE ANALYSIS 

The p o s s i b i l i t y  that the r e l a t ive ly  high stagnation pressure loss which 

invariably e x i s t s  a t  the higher f l i g h t  Mach numbers may be reduced through 

the  use of supersonic guide vanes i s  investigated i n  this section. 

guide vanes not only d i f fuse  the  flow through the  turning they produce, bu t  

Such 
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can reduce the required supersonic flow deflection a t  the ro tor  leading edge, 

the major  source of the loss .  

ful ly ,  would be analogous t o  the use of a system of multiple oblique shocks 

i n  an i n l e t  designed f o r  high recovery. 

uncanbered and capable of angle-of-attack var ia t ion during f l i g h t  t o  avoid 

i n l e t  s t a r t i ng  problems associated with in t e rna l  area contraction. 

In  a sense, the  use of the guide vanes, hope- 

The vanes w i l l  be presumed t o  be 

The governing f l u i d  dynamic equations a r e  presented i n  Appendix B and a 

solution i s  obtained f o r  the  ex i t ing  parameters of flow angle, Mach number, 

and stagnation pressure recovery. For given inflow conditions, the assumed 

uniform discharge flow i s  found t o  be a function only of the vane loading 

UCL and the  drag- l i f t  r a t io .  

crC~ and 

t o  impossible solutions because the  second l a w  of thermodynamics i s  violated.  

Therefore the  aerodynamic coeff ic ients  calculated by shock-expansion theory 

f o r  a specif ic  blade shape were used t o  demonstrate a solution t o  the guide 

vane equations. 

l inear ized two-dimensional theory of f l a t -p l a t e  cascades ( r e f .  7) which 

indicates t h a t  the mutual interference between blades w i l l  d r a s t i ca l ly  a l t e r  

the  aerodynamic force act ing on each blade. The l inear ized  loading ~ C L  a t  

a fixed angle of a t tack  w i l l  be a maximum at  t h a t  value of so l id i ty  f o r  which 

the  leading Mach wave from one blade in t e r sec t s  the t r a i l i n g  edge of the next 

blade and the loading then osc i l l a t e s  between t h i s  m a x i m u m  value and zero as 

the so l id i ty  increases. The normal force loading GCN calculated by the 

l inear ized theory f o r  a f l a t - p l a t e  cascade i s  compared i n  f igure  9 with t h a t  

using the  shock-expansion wave theory. The notation "discontinuousn i n  the  

legend r e fe r s  t o  the f a c t  t ha t  the pressure var ia t ion  along the e n t i r e  expan- 

sion region at the surface i s  assumed t o  change discontinuously across the  

median expansion wave. 

that the pressure i s  assumed t o  vary l i n e m l y  i n  two s teps  through the 

The use of a r b i t r a r i l y  assigned values of 

CD/CL t o  demonstrate the e f f ec t s  of these parameters often leads 

In  the choice of so l id i ty ,  guidance w a s  obtained from the  

The term "shock expansion l inear"  r e fe r s  t o  the  f a c t  
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f- 
expansion region. It i s  apparent t h a t  t h e  maximum loading f o r  t he  mre exact 

caee (shock expansion-linear) occurs only when the guide vane chord length i s  

chosen such that the shock impinges at  the t r a i l i n g  edge. Further, the  

l inear ized theory maxinnm loading value i s  considerably i n  error .  It there- 

fore  appears unnecessary t o  consider so l id i t i e s  greater than the maximum non- 

interference value for guide vane use. 

s o l i d i t y  can be found approximately from the  following equation which assumes 

constant shock wave inc l ina t ion  angle ( re f .  8) : 

The maximum noninterference value of 

The approximate m a x i m  so l id i ty  i s  very nearly equal t o  the  t rue  value 

except where the flow behind the shock approaches the sonic value. 

For the purpose of i l l u s t r a t i o n  of the maxirmun guide vane turning and 

diffusion that may be achieved, a ?-percent-thick, symmetrical &itmion&- 

p ro f i l e  section with an assumed average skin-fr ic t ion coeff ic ient  per surface 

of 0.003 was chosen f o r  examination. 

interference s o l i d i t y  and corresponding blade loading as a function of angle 

of a t tack  and inflow Mach number. 

mined by shock-expansion theory f o r  isolated a i r f o i l s  and the  angle of a t t ack  

w a s  varied i n  each case u n t i l  sonic flow was reached behind the oblique shock. 

The calculated guide vane ex i t ing  flow parameters f o r  these maximum noninter- 

ference s o l i d i t i e s  are presented i n  figure ll f o r  t h a t  solution of equation (12) 

of Appendix B which yid.i% t h e  Inver entropy increase. 

flow case, not only do the  guide vanes diffuse the flow as may be anticipated,  

bu t  what i s  surpr is ing i s  t h a t  t he  flow turning angle 

Figure 10 presents the maximum non- 

The aerodynamic coeff ic ients  were deter- 

Unlike the subsonic 

82 i s  considerably 

greater than the  angle of a t tack  and the stagnation pressure loss can be pro- 

h i b i t i v e l y  high. 

maximum results i n  reduced turning and a rapid increase i n  pressure loss  with 

l i t t l e  addi t iona l  diffusion. 

Exceeding the angle of a t tack f o r  which the loading i s  a 
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The effects  of varying the  angle of a t tack of the  supersonic guide vanes 

upon the inflow conditions t o  the compressor a re  shown i n  f igure  12 f o r  a 

. f l ight  Mach number of 3. 

mutual aerodynamic interference within the vanes. 

guide vane angle of a t tack  i n  a manner t o  produce turning against  the  direc-  

t ion of rotat ion did indeed reduce the oblique shock loss  s ignif icant ly ,  the 

net  e f f ec t  was t o  increase the  overal l  maximum stagnation pressure recovery 

2 percent above that obtained without guide vanes due t o  the  addi t ional  guide 

vane loss. This increase i n  pressure recovery i s  accompanied by a 13-percent 

increase i n  surface Mach number. The use of guide vanes of twice the so l id i ty  

(not shown) resul ted in  a fur ther  increase of 2 percent i n  the m a x i m  stagna- 

t ion pressure recovery. Even though the gains i n  stagnation pressure recovery 

w i t h  guide vanes a re  admittedly small, two addi t ional  fac tors  should be d i s -  

cussed before eliminating the use of guide vanes. One i s  an examination of 

t he  flow i n  the blade passage behind the system of leading-edge shocks, the 

other i s  a consideration of the  flow f i e l d  immediately downstream of the 

guide vanes. 

The so l id i ty  w a s  chosen t o  be 0.5 t o  preclude 

Although increasing the 

For the  higher f l i g h t  Mach numbers considered, t he  flow deflect ion pro- 

duced a t  the compressor blade leading edge without the use of guide vanes i s  

so large as t o  prevent e i t h e r  shock re f lec t ion  from the  pressure surface i n  

the  nonseparated leading-edge case (labeled inviscid)  o r  the  supersonic 

crossing of the oblique shocks f o r  the  separated leading-edge case. The flow 

pat terns  i n  f igure 13 a re  i l l u s t r a t i v e  of what occurs. I n  e i t h e r  case, a 

Small indeterminant port ion of the  flow traverses  a normal shock with i t s  

high attendant loss  as shown by the  curve labeled 2. 

a shock pat tern i s  permissible although the  schl ieren photographs of re fer -  

ence 9 indicate similar pat terns  caused by back pressure do ex i s t .  

re la t ive ly  small portion of the flow t raverses  the  normal shock, the average 

re la t ive  stagnation pressure recovery across  the  passage w i l l  be considerably 

It i s  not known i f  such 

Because a 
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closer  t o  the  value of the curve labeled l w h i c h  represents t he  loss through 

two oblique shocks than t o  the curve labeled 2. I n  the event that the  flow 

pat terns  depicted are unstable, the  compressor w i l l .  force a bow shock t o  be 

positioned ahead of the  cowl l i p .  The use of suf f ic ien t  turning i n  the  guide 

vanes w i l l  not only eliminate t h i s  problem, but, due t o  turning against  the 

d i rec t ion  of rotat ion,  w i l l .  increase the re la t ive  stagnation pressure and 

consequently the  work input a b i l i t y  of the compressor. 

numbers the leading-edge separated-flow model as compared t o  the  inviscid 

case exhibits the higher r e l a t ive  stagnation pressure because it avoids the 

extremely high pressure-surface Mach number associated with supersonic expan- 

sion about t he  leading edge. 

- A t  high f l i g h t  Mach 

The solution of the  supersonic guide vane equations was predicated upon 

the  assumption of the  uniform discharge flow velocity. 

mmimizirig the 2 : s . t ~ ~ ~  hetween the guide vanes and the ro tor  from weight 

considerations w i l l  prevent the attainment of the assumed uniform flow. 

example of the  calculated circumferential  d i s t r ibu t ion  of the  l o c a l  Mach num- 

ber and flow d i rec t ion  one-half chord length downstream of a typ ica l  guide 

vane configuration i s  given i n  figure 14 with the superposition of t he  average 

values obtained from the guide vane equations. For s o l i d i t i e s  less than the  

m i m u m  noninterference value, a region exists immediately downstream of the  

vane i n  which the flow i s  e s sen t i a l ly  equal i n  d i rec t ion  and Mach number 

with that upstream of the guide vanes. 

vanes t o  reduce the  f l i g h t  Mach number at  which a supersonic compressor 

designed f o r  subsonic axial inflow velocity w i l l  permit sup~rs;onic i l l f l ? ~ ~  

cannot be real ized.  

shock lo s ses  a t  the  entrance t o  the ro to r  passage as presented i n  f igure 13 

w i l l  be e f f ec t ive  only f o r  portions of each revolution giving rise t o  an 

o s c i l l a t i n g  flow pat tern.  

cant benef i t s  may accrue through the use of variable-pitch supersonic guide 

vanes. 

The d e s i r a b i l i t y  of 

An 

Thus the poss ib i l i t y  of using guide 

Further, the use of guide vanes t o  eliminate the  normal 

It i s  therefore questionable whether m y  s ign i f i -  

17 



OPEEATIONAL CONSIDERATIONS 

The previous analyses have been based upon an idealized two-dimensional 

cascade concept for supersonic flight in the stratosphere. 

to consider the effects of operational conditions or requirements which dif- 

fer from these assumptions. 

It is of interest 

Free-Stream Influences 

The primary free-stream influence affecting the inflow conditions at a 

given Mach number is due to temperature variations which occur either by 

accelerating at altitudes below the stratosphere or operating in the airplane- 

disturbed flow field. 

35,000 feet as the flight Mach number is increased from 1.4 to 1.8, the effect 

of temperature variation is to increase the inlet starting Mach number from 

1.35 to 1.45 for the case illustrated in figure 15. 

effect of an 8' flow deflection created by a two-dimensional wing shock posi- 

tioned ahead of the inlet, the l o s s  of which is not charged to the propulsion 

system, is shown to significantly increase relative stagnation pressure 

recovery and decrease the relative Mach numbers, both of which are desirable 

for improved performance. 

Assuming the altitude to vary linearly from 25,000 to 

On the same figure, the 

Compressor Location 

The supersonic compressor was assumed to be located behind a loss-free 

constant-area passage which turned the flow parallel to the axis of rotation. 

Because, as mentioned earlier, the primary advantage of the supersonic inflow 

compressor is the weight savings associated with the elimination of the sub- 

sonic portion of the inlet diffuser, positioning the compressor at the cowl 

lip would appear desirable to maximize the weight savings. 

location of the compressor at the cowl lip could affect a reduction in maxi- 

mum nacelle diameter with a subsequent reduction in nacelle drag. 

effects on the inflow conditions as a result of locating the compressor at 

In addition, 

The 
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the  cowl l i p  a re  shown i n  figure 16. 

assumed equal t o  the  cone surface value times the  s ine of cone angle, remains 

unchanged across the oblique shock. The lower a x i a l  Mach number and deflec- 

The radial component of velocity, 

t i on  angle required y ie lds  a higher Mach number, stagnation pressure recovery, 

and i n l e t  s t a r t i n g  Mach number than t h a t  of the a x i a l  inflow configuration 

for a s t r a igh t  radial leading edge. This i n  a sense i s  analogous t o  the use 

of aerodynamic leading-edge sweep. Further improvements i n  relative stagna- 

t i on  pressure recovery are possible, at  the  expense of higher passage Mach 

nunibers, if the leading edges of the ro to r  blades are physically swept. 

Improved compressor performance may be possible by placing the leading edge 

of the  ro to r  t i p  at the  cowl l i p ,  and sweeping the  rotor blade such that the 

leading edge of the hub section i s  w e l l  forward of the plane of t he  cowl l i p .  

Since radial spi l lage f o r  s t a r t i n g  supersonic flow i n  t h e  compressor i s  pos- 

sible, the in t e rna l  contraction i n  the passage may be increased beyond the  

two-dimensional s t a r t i n g  value t o  reduce the in t e rna l  stagnation pressure 

loss .  No attempt has been made t o  explore t h i s  poss ib i l i ty .  

Super soni c R e s  tart Capability 

As with any supersonic i n l e t ,  it i s  necessary that the inlet  be capable 

of r e s t a r t i n g  should the terminal shock inadvertently be expelled. 

i n l e t s  of the a l l -ex terna l  compression type, such as considered herein, 

exhibit automatic restart capabi l i ty  when the  disturbance which caused the 

uns t a r t  i s  eliminated. It would appear that when operating i n  conjunction 

with a supersonic inflow ccaupressor the automatic restart capabi l i ty  may not 

e x i s t  f o r  not only may the compressor blade passage employ in t e rna i  Contrac- 

t i o n  but when operating i n  the supersonic inflow condition the r e l a t ive  

stream tube enter ing the compressor blade passage i s  contracted through the 

oblique shock an amount considerably i n  excess of the permissible s t a r t i n g  

value. However, the  following analysis  indicates  t h a t  automatic restart of 

Supersonic 



the inlet-compressor combination i s  possible and the conditions required f o r  

restart. 

If for a given f l i g h t  condition f o r  which the  leading-edge shock would 

normally f a l l  within the blade passage, the vec tor ia l  sum of ro ta t iona l  

velocity (assumed unchanged) and the  velocity behind the normal shock on the 

cone during an inadvertent unstar t  always produces a r e l a t ive  air i n l e t  angle 

greater than t h a t  of the "entrance region" of the blade. 

p la te  cascade expansion waves a re  produced (ref. 1) which a c t  t o  accelerate  

the ax ia l  inflow veloci ty  causing the shock t o  reenter  the i n l e t  and a t tach  

i t s e l f  t o  t he  blade leading edge, if the  disturbance which created t h e  uns ta r t  

no longer ex is t s .  A t  high f l i g h t  Mach numbers, the r e l a t ive  i n l e t  veloci ty  t o  

the compressor during the period of the uns ta r t  i s  close t o  the sonic value 

because of the elevated temperature. An unstarted wave pat tern then e x i s t s  

Thus f o r  a f l a t -  

a t  the entrance t o  the compressor with f i n i t e  blade thickness as described i n  

reference 1 e i the r  due t o  excessive in t e rna l  contraction or  leading-edge angle 

or  both. If the Mach number behind the normal shock on the  cone during the 

unstar t  i s  l e s s  than t h a t  entering the compressor i n  a s t a t i c  compressor t e s t  

f a c i l i t y  at a corrected ro ta t iona l  speed corresponding t o  the f l i g h t  condition 

being investigated, the wave pat tern a t  the  compressor entrance i s  incompat- 

i b l e  with the conditions ex is t ing  behind the  cone normal shock and w i l l  there-  

fore  cause the  normal shock t o  reenter  the i n l e t  automatically, thereby 

r e s t a r t i ng  the supersonic inflow t o  the  compressor. "he same analysis  may 

be employed t o  determine the f l i g h t  Mach number required f o r  the start of 

supersonic inflow t o  a compressor having a f i n i t e  leading-edge radius. 

Low-Speed Operation 

The use of a sharp leading-edge i n l e t  a t  subsonic f l i g h t  speeds w i l l  

c reate  sizable i n l e t  stagnation pressure losses  i n  a manner described i n  

reference 10. In  the  present case, the combination of a sharp cowl l i p ,  a 

constant area passage, and a sonic inflow requirement t o  the compressor w i l l  
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produce exceptionally high i n l e t  stagnation pressure loss and a corre- 

spondingly la rge  reduction of engine airf low a t  low subsonic f l i g h t  Mach 

numbers. For example, at the start of the take-off r o l l ,  the  maximum stag- 

nation pressure recovery and airf low rate w i l l  be 79 percent of that obtain- 

able with a well-rounded l i p .  

as inflatable cowl l i p ,  blow-indoor, or  t rans la t ing  cowl w i l l  be required 

t o  prevent t he  very s igni f icant  thrust decrement represented by t h i s  loss. 

If supersonic guide vanes are included i n  the  design, t h e i r  use i n  reducing 

the  inflow ve loc i ty  during take-of'f by turning with the d i rec t ion  of ro ta t ion  

would be inef fec t ive  i n  reducing the loss because of the r e l a t i v e  insensi-  

t i v i t y  of the l o s s  t o  the  inlet Mach nmiber var ia t ion achievable. 

t i o n  of the  compressor a t  the  cowl l i p  may eliminate a large portion of the 

low-speed loss due t o  the addi t ional  energy added t o  the flow by the  compres- 

sor i n  the regfcii of aepwation and mixing; however, this i s  pure conjecture 

as the  problem i s  not amenable t o  analysis  and experimental evidence i s  

lacking. 

Therefore some form of variable geometry such 

The loca- 

Creation of Sonic I n f l o w  

I n  the  foregoing, it was assumed t a c i t l y  that sonic inflow veloci ty  t o  

the compressor i s  real izable .  

sharp leading-edge blades ( i n  the mathematical sense), it i s  possible t o  

induce sonic inflow immediately upstream of the compressor. 

however, the  f inite leading-edge thickness and the e f f ec t s  of v i scos i ty  i n  

rapiCiiy FoluLiIig a ~~-~~~~ hyer at the leading edge w i l l  not permit the  

achievement of t he  desired inflow velocity. Reference ll, which reports the  

highest  known inflow veloci ty  achieved t o  date, namely, 0.82, discusses this 

e f f e c t  i n  more d e t a i l .  Generally, supersonic compressors designed f o r  

0.8 axial inflow Mach nuniber and u t i l i z i n g  a straight "entrance region" 

operate with approximately 2' posi t ive angle of a t tack  with respect t o  the  

suct ion surface indicat ing t h a t  some form of wave pa t te rn  exists upstream Of 

Ideally,  i n  the absence of v i scos i ty  and with 

Pract ical ly ,  
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the rotor .  Shadowgraphs showing the existence of such waves are contained i n  

reference 12. The effect  of the  boundary-layer buildup can be circumvented 

by se t t ing  the blade suction surface at a lower angle than t h a t  fo r  i d e a l  

sonic entry, but  the f i n i t e  leading-edge thickness which ex i s t s  even f o r  

"sharp" blades w i l l  c reate  waves which must stand ahead of the  plane of the 

leading edges. It i s  f e l t  t ha t  the upper subsonic inflow Mach number that 

could be achieved i s  approximately 0.95. 

number w i l l  be s l i gh t ly  higher than the  values indicated previously; t h i s ,  

however, w i l l  have no appreciable e f f ec t  on the spi l lage requirement. 

Thus the i n l e t  s t a r t i ng  f l i g h t  Mach 

Engine Performance Implications 

A cursory investigation w a s  made of the e f f ec t s  of the supersonic flow 

induction process upon the propulsion system performance as compared with t h a t  

using a conventional subsonic entry compressor. For t h i s  comparison two 

turbofan designs were chosen a rb i t r a r i l y ,  each of which had a design fan pres- 

sure r a t i o  of 2, overal l  pressure r a t i o  of 9, and a bypass r a t i o  of 1. 

engines were assumed t o  have the same in t e rna l  component e f f ic ienc ies  with 

the exception of the fan stage, the same in t e rna l  pressure losses,  and t o  

burn stoichiometrically i n  the combustor and fan duct. The transonic fan  

efficiency w a s  chosen t o  be 85 percent, the sonic inflow fan t o  be 75 percent. 

The 

The i n l e t s  were sized t o  capture the same airf low r a t e  a t  a f l i g h t  Mach num- 

ber  of 3 .  The pressure recovery of t he  conventional i n l e t  w a s  presumed t o  

follow the mi l i ta ry  specif icat ion 5OO8B pressure recovery schedule without 

boundary-layer bleed. 

A t  a Mach number of 1.3 which i s  close t o  the minimum thrust-minus-drag 

value of the a i r c r a f t ,  the stagnation temperature i s  equal t o  the sea-level 

standard value and the engines m e  operating a t  t h e i r  design value of pres- 

sure ra t io .  The net  i n t e rna l  specif ic  th rus t ,  and consequently spec i f ic  

impulse, a r e  essent ia l ly  equal f o r  both types of engines. The engine airf low 

rate of the  supersonic inflow engine i n  conjunction with a 20° cone, as noted 
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previously, i s  13 percent greater than t h a t  of the sii5sonic entry engine and 

f o r  the  same conical angle the external  spi l lage drag associated with super- 

c r i t i c a l  operation i n  each case i s  20 percent l e s s  (ref. 5 )  a l l  of which 

represent a s izable  increase i n  the  ne t  accelerating force. A t  a f l igh t  

Mach number of 3, assuming the  same work input fo r  each element of t he  can- 

pressors, the maximum spec i f ic  thrust of the supersonic inflow engine i s  only 

approximately 2 percent less than t h a t  using the subsonic inflow compressor 

even though the supersonic compressor efficiency falls  t o  approximately 

I 2  percent as a result of charging the compressor w i t h  the addi t ional  losses  

associated with the  compressor passage shock system assuming flow separation 

a t  the leading edge. 

the maximum ne t  i n s t a l l ed  specif ic  i m p u l s e  at cruise  thrus t  f o r  a Mach number 

of approximately 2 w o u l d  be equal f o r  both engines but  at  a f l i g h t  Mach num- 

ber of 3, the cruise  performance of the si ipcrso~~ic inflow engine would be 

prohibi t ively in fe r io r  t o  that using the subsonic compressor. 

Although not subjected t o  analysis,  it would appear that 

It should be pointed out that the supersonic inflow engine was assumed 

t o  be flow-matched i n  all components. Establishment of cmponent and there- 

fo re  overa l l  engine performance f o r  matched operation i s  not possible i n  the  

absence of performance data fo r  supersonic compressors i n  the  supersonic entry 

mode of operation. With the  l a t i t u d e  afforded by variable area turbines and 

e x i t  nozzles, matching i s  expected t o  be achieved without a f fec t ing  the con- 

clusions reached above. 

vari&it: $ a ; ; c t ~ y  Id et. 

The high campressor inlet  losses  noted a t  flight Mach numbers near 3, 

which are caused by the la rge  supersonic flow deflect ions required a t  the 

blade leading edge, may be reduced through the use of a variable geometry 

cowl design. 

i n t e r n a l  contraction, as suggested i n  reference 2, w i l l  reduce the compressor 

The use of an iris-type expanding-diameter cowl l i p  creat ing 

inlet  Mach number and thus the strong oblique shock loss. The addi t ional  
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benefi ts  of increasing the engine airflow r a t e  or  conversely reducing the 

engine s i ze  f o r  a given thrust ,  plus a reduction of the  low-speed-sharp-inlet- 

l o s s  due t o  the  variable geometry feature  must be tempered against  the 

increased complexity, nonautomatic r e s t a r t i ng  cycle, and the addi t ional  

weight associated with increased distance from the cowl l i p  t o  compressor t o  

permit shock ref lect ion.  In  addition, the degree of i n t e rna l  contraction i s  

l imited because the throat  area i s  f ixed by the  compressor, and increases i n  

cowl l i p  diameter t o  values much greater  than the maximum nacelle diameter t o  

provide adequate area contraction w i l l  c reate  addi t ional  i n t e rna l  shock 

losses and external  drag. 

the use of variable geometry it i s  doubtful t h a t  cruise  propulsion e f f ic ien-  

c ies  equivalent t o  tha t  of the conventional-type engine a t  a f l i g h t  Mach num- 

ber  of 3 a re  possible.  

Although performance gains may be achieved through 

CONCLUDING F3N4RK3 

The flow induction process of compressors designed t o  accept supersonic 

inflow velocity has been examined. 

supersonic inflow have been delineated ind ica t ing  the  des i r ab i l i t y  of 

designing the compressor t o  induce nearly sonic inflow veloci ty  a t  sea-level 

standard conditions. A t  high f l i g h t  Mach numbers, approaching 3, the high- 

leading-edge stagnation pressure loss must be considered i n  the  analysis  of 

any propulsion system employlng the  supersonic compressor. 

the supersonic inflow engine t o  produce a s igni f icant  increase i n  th rus t  i n  

the  transonic accelerat ing f l i g h t  range at the probable expense of poorer 

f u e l  economy at Mach 3 cruise  conditions makes i t s  use a t t r a c t i v e  primarily 

f o r  hypersonic accelerator  engines. 

The l imi t ing  conditions which ensure 

The capabi l i ty  of 
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APPENDIX A 

C m m O N  OF THE LIMITING CONDITIONS FOR 

SUPERSONIC I N F L O W  OPEBA!lTON 

The l imi t ing  condition f o r  supersonic i n f l o w  exists when the  oblique 

shock spans the  cascade entrance as i n  the  sketch. 

M z , ~  and 82,R, %,3 can be found from gas dynamic tab les  as t h e  Mach 

number behind a normal shock f o r  an upstream Mach number equal t o  

Assuming values f o r  

%,2 

( = M ~ , R  cos 82,R).  The t a n g e n t i d  veloci ty  i s  unchangea such tha t  the  down- 

stream tangent ia l  Mach number i s  given by 

%, 3,R = %, 2,R JT3/T2 

where T31T2 corresponds t o  the  s t a t i c  

temperature r a t i o  across the  shock, 

theref  ore 



APPENDIX B 

DERIVATION OF COMPRESSIBLF FLOW GUIDE VANE EQUATIONS 

It shall be assumed that the guide vanes 

turn the incoming flow, adiabatically, from 

uniform upstream conditions to a downstream 

location where uniform flow has been reestab- 

lished, as shown in the sketch. Wall fric- 

tion will be neglected; however, frictional 

drag forces on the guide vanes are included. 

The a i r  is treated as a perfect gas with con- 

stant specific heat. 

tions are: 

Continuity 

The appropriate equa- 

Momentum 

Axial 

Tangential 

Energy 

p1 + plV12 = p2 + p2V22~~~2p2 + D I G  

L/G = P ~ V ~ ~ C O S  p2 sin $2 

Entropy 

Plus the usual definition of solidity, 

ficient, CL 2 L/$ P1Vl2c; and drag coefficient CD = D/$ P1V12c. Eqm-  

tions (2) and ( 3 )  can be written explicitly for p2/p1 using the definitions 

of Mach number, solidity, lift and drag coefficients as 

Q = c/G; Mach number V/a; lift coef- 
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i 

such that : 

1 + yM12(1 - 9) 
1 + Y M ~ ~ c o s ~ ~ ~  

P 2 p 1  = 

'I 

The static pressure ratio is eliminated by combining (5) and (6) 
d 

z 
I 

1 

The continuity equation (1) is transformed to: 

M 1  P d P 1  = 

and from the energy equation (4) : 

Combining equations (6) and (9) results in: 

Eliminating % by combining equations (7) and (10) results in: 

( 5 )  

(7) 

if by definition B = 
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' 5  
then the equation can be solved explicitly for p2 in the form: 

and 

and 

I -I 

Y +1 

Note: For the case where CL = 0 equations 12 to 14 are indeterminant. The 

exit flow parameters may be found from the analysis of reference 8 if 

9 M l 2  is substituted for CF as defined therein. 2 
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